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Dynamic Effects of Shock-Induced Flow Separation

Lars E. Ericsson*
Lockheed Missiles and Space Company, Inc., Sunnyvale, Calif.

Shock-induced flow separation is the flow mechanism usually responsible for what the structural dynamicist
terms ‘‘buffet.”’ The shock-induced flow separation affects the aeroelastic response via two different
mechanisms: 1) The flow separation generates fluctuating pressures, i.e., a forcing function that is independent
of the motion of the aerodynamic surface; e.g., an aircraft wing, and 2) the flow separation affects the motion-
dependent forces and can in some cases generate negative aerodynamic damping. A simple analysis is presented
which, using static experimental data as an input, can predict these two buffet-components for a wing in high

Mach number subsonic flow.

Nomenclature

a = speed of sound
= wing span
cand ¢ = reference length, ¢ =2-dim. chord length
¢=.S/b, mean aerodynamic chord
k., = dynamic overshoot coefficient, Eq. (26)
K, k = reduced frequencies of shock boundary layer
interactions, Eqs. (19) and (20), respectively.
L, 1 = separation lengths, see Fig. 7
1 = section lift, coefficient ¢, =17(p . U2 /2)c
M = Mach number, M=U/a
M = pitching moment, coefficient C, =M,/ (p.
U2 /2)Sc
m = section pitching moment, coefficient c,, =
m,/(p. U2 /2)c?
N = normal force, coefficient Cn =N/ (o . U2 /2)S
n = section normal force, coefficient ¢,/ (p. U2
/2)¢
] = exponent for viscosity-temperature relation-
ship, n=3/4
= static pressure, coefficient C,=(p—p. )/ (p.
U2 /2)
= reference area
= density ratio, S, =p,/p wa1» Eq. 21)
= time
= period of oscillation
= velocity
= convection velocity
= apparent wall velocity
= horizontal coordinate
= translatory coordinate
= angle of attack
= generalized angle of attack, Eq. (25)
a, = stall delay due to ‘‘leading edge jet’’ effect,
Eq. (26)
= ratio of specific heats, y = 1.4 in air
= increment
= damping, fraction of critical
pitch perturbation
= dimensionless x-coordinate, £ =x/¢
G = center of pitch oscillation
= air density
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I = bending mode response amplitude

T = dimensionless time, 7=U _ t/¢

@ = angular oscillation frequency

@ = reduced frequency, @ =wc/U ., (or wé/U . )
Subscripts

a = accelerated flow effect

c.g. = center of gravity

e = boundary-layer edge conditions

J = jet effect

L = local

s = flow separation

sh = shock

t = total

* = undistrubed flow

Superscripts

i = induced e.g., Afc,=separation-induced sec-

tional normal force
= value aft of a normal shock, e.g., p,

Differential Symbols
a=da/df =at/3r
C,..=0c,/0a
C,.=dc,/dz/U )

Introduction

URING a recent AGARD meeting, J.G. Jones! brought

up the age-old problem of how to define ‘‘buffet.”” The
usual definition is that the separation-induced forcing func-
tion is the dominant effect, and that changes in the
aerodynamic damping are of negligible magnitude. However,
both effects are often of equal significance. Jones! showed
that at buffet onset on a moderately swept wing a large in-
crease of the (apparent) aerodynamic damping was observed
(Fig. 1). However, the straight wing on an early space shuttle
configuration experiences negative aerodynamic damping at a
slightly higher subsonic Mach number? (Fig. 2). Those two
recent examples serve to illustrate the complexity of the
dynamic effects caused by shock-induced flow separation. An
analysis is presented that hopefully will provide a better un-
derstanding of this complex flow phonomenon.

Analytic Approach

The shock-induced flow separation affects the vehicle
response via two different mechanisms. 1) The flow
separation generates fluctuating pressures, i.e., a forcing
function that is independent of the vehicle response. 2) The
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flow separation affects the motion dependent forces and can
sometimes generate negative aerodynamic damping.

The experimental data obtained by Lambourne? for the ef-
fect of pitch-up rate on leeward side shock position on a
moderately thick airfoil at M=0.7, presented by W. P. Jones
in his Minta Martin Lecture, 4 illustrates the two facets of the
buffet problem (Fig. 3). The data show that when the angle of
attack is increased at a constant rate, ca/U . =0.0059, the
shock is lagging the airfoil motion. The shock is also
exhibiting high frequency oscillations around the mean,
motion-dependent position. If one could predict analytically
the measured shock position, both the mean, motion-
dependent location and the superimposed oscillation, one
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would obviously have taken a big step towards the develop-
ment of analytic methods for prediction of wing buffet. Such
an analysis will now be described.

Analysis

Three factors determine when and where flow separation
occurs. They are 1) boundary-layer profile shape, 2) boun-
dary-layer thickness, and 3) adversity of local pressure
gradient. In the case of shock-induced separation on cone-
cylinder bodies™® the first two factors are determined by
forebody crossflow effects, which in the dynamic case lag the
instantaneous (corresponding static) values owing to the con-
vective time lag in the boundary layer buildup. The adversity
of the local pressure gradient also lags the instantaneous value
due to accelerated flow effects.

In the case of an airfoil in pitch-up motion, there are no
cross flow effects, and both profile shape and boundary-layer
thickness are determined by the pressure gradient time history
upstream of separation’ and by motion-induced moving wall
effects.” Thus, the dependence of the pressure gradient on the
airfoil motion is of primary concern. The adversity of the
pressure gradient is determined by the circulation, and the lag
in the dynamic case is caused by the Karman-Sears wake
lag. 89 In the case of shock-induced separation there is an ad-
ditional delay of the adversity caused by the shock movement.
The shock is moving forward relative to the airfoil surface
with a speed that can be expressed as follows:

AU, =cf o= — (0 /0t )cd (H

That is, the Mach number ahead of the shock is increased
by the amount

AM\/r/M(':AU\/r/U<' = (ag s/v/a(x)(Cd/Up) (2)

Figure 3b shows that the increase in Mach number will slow
the forward shock movement down by the amount

A‘g sh (Mxh ): (ag \/l/aMw )(M« /M() )AMS/I (3)

The angle of attack can, therefore, be exceeded by the amount

FLOW

Aa (Mxh ) = dA[.\h = é ash (CO‘/ U() ) (4)
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Equations (2)-(4) define the following value for the shock
motion induced equivalent time lagt £ .,

& usn = (05 5 /OM .M &)

The quasi-steady (mean) lag Af of the shock induced
separation, corresponding to Ax (M g, ), is simply

Ag sh (M.sh )= (ag sh /9 )Aa (Msh ) (6)

There is yet another mechanism for coupling between the
separation movement and the external flowfield. Moore !0 has
discussed such a flow mechanism. When the separation point
moves upstream, the boundary layer, ready to separate, sees a
downstream moving wall, and the beneficial effects on the
boundary layer delays the flow separation. The apparent wall
velocity is given by Eq. (1), i.e., U, =AU,. The separation
will lag its static position due to this moving wall effect by

A —Uﬁ’f—a/a Uy ]U”’
&( U )= &-[(Ux ) U

M

x

The corresponding overshoot Aa(U, /U, ) is given by an
equation like Eq. (4), where

=9¢£./9 _UL) (8)
Su.s_ g.\ ( U

Using rotating cylinder data obtained by Brady and Lud-
wig ! one obtains for the airfoil* (Fig. 4)

a& /9 (

U wy { 0.7; supercritical Reynolds numbers

U ®

3.0; subcritical Reynolds numbers

The supercritical case is representative of (shock-induced)
separation near the trailing edge. This lag, £,, due to
separation movement, should be added to the lags &, and
£ .., due to shock movement and vortex wake lag, respectively.
Thus, the total lag angle A is ¥

Aa(A[)z_dAt=—(Eush +$av+$w)(coz/Uac ) (10)

* {Note that A, = (9% 4, /80) Acr.
tAirfoil-like pressure distribution was impressed upon the rotating
cylinder by the use of a shroud. !

§The convective time lag At ., Eq. (9) in Ref. 24, has been neglected.
It would increase At by approximately 10%.
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Fig. 4 Moving wall—moving separation point analogy.
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It was shown in Ref. 9 that the Karman-Sears vortex wake
lag is £,,=1.5. Figure 3b gives 9¢,/0M. =1.2 for M, =
0.75, which in Eq. (5) gives £ .., =0.9.

Figure 3a gives

—40ato=5"°

9t /= -
£./00= { ~0.8ata=10°

For ca/U. =0.0059 the above data give, with use of
equations such as Eq. (6) and Eq. (10), the following values
for the mean lag of the shock position in Fig. 3a.

. {0.073 atoa=5"°
* 7 00.013at @=10°

The quasi-steady position is indicated by the dash-dot line
in Fig. 5. It seems to indicate a realistic mean position for the
measured shock oscillation. The deviation is a high frequency
oscillation for which the amplitude decreases and the frequen-
cy increases when the angle of attack is increased. The a-half
periods for the four cycles shown are

Aa=2.5°,1.3°,0.7°, and 0.5°
The corresponding reduced frequencies are

wcC T ac 180 ac

U. Aa U,  As® U,

= —

= 0.425, 0.815, 1.52, and 2.13

Examining this high frequency oscillation further reveals
that its amplitude and frequency vary with angle of attack in a
manner prescribed by the separation sensitivity to angular
changes, i.e., d¢,/da. This is demonstrated in Fig. 6, which
shows that

Ve | ~0.0250 /Do (11
£, | gge® e =0.043 (12)

As Trilling'? has shown that shock-boundary layer in-
teractions can generate harmonic self-sustained oscillations,
one may suspect that these shock oscillations are of
pseudoharmonic nature.® Such an oscillation can be ex-
pressed as

d2AiE, da‘g,
a g

+w?Aig =0 (13)

where

Algszgs—(gs)mcan

) IWith slowly changing “‘environment” (3¢ a/0a)=f(a), which
can be considered constant for one half cycle of oscillation.
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Fig. S Comparison between predicted and measured unsteady shock
position.
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Using the dimensionless time 7= (U _ /¢)t (time unit =
time for airfoil to travel one chord length), Eq. (13) becomes

d2A'E,
dr?

d i
+2t® A
,

+@2AE =0 (14)

The solution to Eq. (14) is (see, for example, Ref. 13)
Ak (ry=[A%,(0)/a2 (1-72) "]
exp (— t@r)sin (@7[1-¢2] ) (15)
where A’§_(0)=0 and dA£ (0)/dr=AE (0) are the initial

conditions. With the classical assumption that the damping as
a fraction of critical, ¢, is small, {? <1, Eq. (15) becomes

A (1)=[AE (0)/@)exp (-{or)sin (o) (16)

With ¢{=0(¢) the effect of the exponential decay can be
neglected and the oscillation amplitude obeys the relationship

lAE lo=AE (0)=constant (17
The initial rate A’¢ _(0) is
AR (0)= (3A7E,/d0) (ca/ U )
OAIE Jda=0E ,/da— 0 /da (18)
From Fig. 3a are obtained the shock derivatives at a=5°,
the initial conditions at time of initiation of the shock
oscillation.

0,/ 0a=2.9; 08 /3= —4.2

For ca/U . =0.0059, Eq. (18) gives /_\'25(0):0.042, and
Eq. (17) becomes

TATE 16=0.042

which is in excellent agreement with the experimentally ob-
served value, Eq. (12).

5.

dé s
~ |55
40
2410 -n-l€s|osc
=
| -1, 7 f(9C
g /(Ucc)osc
<
2 3t
<
oy
Z,
=
g 21
<
-
=
=2
2 y
o i RN
3 R —
3
e}
T
a gy . A
5 .
5 6 7 8 9 o 10

Fig.6 Measured shock oscillation parameters. 3
U //\ /
B~ %

B — —

Fig. 7 Definition of shock-induced separation lengths. 12

DYNAMIC EFFECTS OF SHOCK-INDUCED FLOW SEPARATION 89

The self-sustained oscillations for laminar shock-boundary
interactions, predicted by Trilling!? and measured by Fiz-
don, ' have characteristic frequencies that can be defined in
two alternate ways (Ref. 12 and Fig. 7)

K=wl/U., (19)

k=wL/U . =K/28%(AC py ) (20)

where K=1.79 is the value for the lowest harmonic. Only
when the shock has moved away from the trailing edge (con-
trol) can one expect the shock oscillation to be similar to the
free interaction case treated by Trilling. At o= 10° the trailing
edge influence, as reflected in 3% ,/d«, has dropped drastically
and the similarity may exist. Substituting & .c for L one gets

K=ok, =K/25",(AC ) (la)
Se=p/pyar=1+0.2M,2) =23 (21b)
(AC ) e=1(Bo/P)—11/0.7M 2 (21¢c)

p./p.~1.4 for incipient shock induced separation,!s and
1.35<p,/p,<1.6 for shock-augmented leading edge stall
(Fig. 8).16 Assuming a normal shock for determination of M,
associated with p,/p,, Eqgs. (21) give with n~3/4'7 and
K=1.792 the following value for k: 0.41 <k<0.62. With
£,~0.2 the value for ®is 2.05 <w<3.1.

The measured value was @=2.13. Looking at Fig. 8, one
would assume that the most forward shock location, for
which the boundary layer at separation is laminar (shock
augmented L.E. stall), should compare best with Trilling’s
laminar analysis. Assuming that the stall at «=10° in Fig. 5
also is a shock-augmented leading edge stall, one would pick
the low value & =2.05, which would give a good prediction of
the measured frequency @=2.13.™"

When the shock is closer to the trailing edge, e.g., at «=5°
in Fig. S, it is a wake-dominated situation !* somewhat similar
to that for aft body separation off bulbous bases. ! For the
starting ‘‘large bubble’’ !5 separation at o =5° one can assume
the ““wake neck’’ to be near the trailing edge, and / in Eq. (19)
can be approximated by the distance from separation to
trailing edge and back again.

k=2a(1—-£.)/(0O/U . ) (22)

The other limit for advanced ‘‘large bubble’’ separation
could be approximated by twice this distance. With K=1.79,
®=0.425, and £, =0.35, Eq. (22) gives

0.31<U/U, <0.62

which looks reasonable. 20

**This frequency is too high to drive the wing bending, but is of the
right magnitude to drive the wing torsional degree of freedom.
However, at a=5° the frequency is @ =0.425, which could drive the
wing bending. It is assumed, of course, that the wing remains at a
nearly constant angle of attack, i.e., the shock oscillations are har-
monic and not nonlinear in character as in Lambourne’s experiment.

P/pac
0.4

1.0 ¢

Fig. 8 Effect of Mach number on shock-induced separation at
a=3°.16
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It is interesting to compare Ham’s pitch-up airfoil data?! at
M<1 (Fig. 9) with those of Lambourne? at M=0.7 (Fig. 5).
They show very similar characteristics. It appears that the
moving-separation-point effect (Fig. 4) supplies the coupling
corresponding to the moving-shock effect used in Trilling’s
analysis. 12 The “‘spilled”’ leading edge vortex 22 will generate
transient lift during its travel over the chord, as will an
elongating separation bubble,?? but neither flow mechanism
would generate any oscillatory behavior. The reduced
frequencies of the three half cycles are @ =2.0, 2.75, and 5.0,
i.e., somewhat higher than for the shock-induced separation
investigated by Lambourne.

To compute the unsteady aerodynamics, one needs to deter-
mine the force change associated with the shock induced
separation movement. According to Pearcey,!S the strength
of the shock remains relatively constant, as it is determined by
the pressure increase that the upstream boundary layer can
stand without separation. This would be true at the “‘turning
point,”” £, =0.35 in Fig. 3a, where the pressure gradient up-
stream of the shock is relatively mild. That is, the boundary-
layer shape and thickness remain relatively unchanged. This
pressure ratio for incipient separation S isp,/p,=1.4.

Before the ““turning point,”” «=5° in Fig. 5, the shock in-
duced attached flow loading is

Aicmvjh = Acpsh (dA [E S/da)
Acp.shz[(ﬁe/p(’)_I](Z/'Ysz)(pe/pm) (23)
=@4.7)(I/M 2)[(1+02M .. ?) (1+0.2M ,2)]33

M,=1.16 for p,/p,=1.4 through a normal shock.

After the “‘turning point,”” the separation-induced load
A‘c,, that detracts from the attached flow lift, ¢, +
Aic ., 1s as follows

Alc :Acpsh [ (dg Sh/da) -

Hee

(dE,/da)] =C . (dAE /da) (24)
1 . écg = 0.25 (%)L,R. = 0.043
2.5
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Fig. 9 Effect of ramp-wise change of angle of attack on NACA-0012
airfoil stall. 2!
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How the unsteady loads for the pitching degree of freedom
are obtained has been shown before. 7922 In the present case
one is interested also in the wing bending degree of freedom,
i.e., the plunging degree of freedom for the airfoil section,
and the generalized angle of attack for a straight wing is

G=a+6+ (E—E. ) (/U )+2/U., (25)

It was found in the analysis reported earlier’.2* that a
leading edge wall-jet effect was the only mechanism that ex-
plains the dynamic improvement of the boundary layer for the
plunging airfoil (see Fig. 10). In this case Aa, can be ex-
pressed as follows:

A, =k, (U,,/U.)
(U, /U, Y= (/U )) (26)

With &, =4 for this leading edge jet effect the aerodynamic
undamping in plunge measured by Liiva et al. 2' can be predic-
ted. 26 Although the data in Ref. 25 show that the dynamic
stall overshoot of c,,,disappears at M=0.6, which is in
agreement with the results obtained on airplane models in
pitch-up motion, 7?7 it could still cause an ‘‘extra overshoot”
of the static «, before the shock induced separation in the
dynamic case reaches the same location £ ;. This is implied by
the abserved effects of boundary layer profile and thickness
changes due to transition near the leading edge. 28.29

For pure bending oscillations the sectional plunging force
coefficient is simply ¢ . (2/U .. ), where

ac )

Cps = — =Cha = Cho +A[Cmu'1 +Alcmm’ 27

nz 3 (Z/U j ) L # ( )

For M , =0.75, AC 4, =0.89. Using the slopes from Fig. 3a,
Eqgs. (23) and (24) give

A,Cn(x.sh =2 6; Aic —6.35

With
Cooe =Cpee (I=MZ )" =57/ (1=M2 )"

/

Cos b) DOWNSTROKE

Fig. 10 Pitch rate induced decelerating wall effect.
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That is, when approaching the ‘‘turning point,” a<5° in
Fig. 5, the “‘apparent damping’’ would increase by 37%, and
decrease past the ‘‘turning point,”” «>5° in Fig. 3a, to 53%
below the original damping level for lower angles of attack.
This trend is in qualitative agreement with the data in Fig. 1,
but the magnitudes are all wrong. The apparent damping in
Fig. 1 increases much more than 37%. The data in Fig. 3a,
which were used to give the shock movement derivatives, are
for a relatively thick airfoil. The data in Fig. 1 are for a much
thinner (7% thick) airfoil designed for transonic flight. This
probably means that the pressure distribution over the
foreward portion is very flat, and not steeply adverse as is the
case for a standard thick airfoil designed for low speed. As a
result the shock movement derivatives would be much larger
than those obtained form the thick airfoil data in Fig. 3a.

Also, the data in Fig. 1 are for a swept wing, and three-
dimensional flow effects could account for some of the above
differences in magnitude. Hall and Rogers3® have shown a
mechanism that can amplify the section characteristics: the
spanwise extent of the outer, single, strong shock changes
with angle of attack, thus adding a new dimension to the strip-
effects discussed earlier. There are also other three dimen-
sional flow phenomena?' that possibly could explain the
tremendous damping increase observed by Jones (Fig. 1) (see
Ref. 32 for a detailed discussion).

Another way of amplifying the pure plunging effects
discussed above is pointed out by Erickson et al. 233 When the
elastic axis does not coincide with the center of gravity, the
bending will induce a wing twist. When the elastic axis is for-
ward of the center of gravity, as was the case in their tests 233
the leading edge is twisted up during the down stroke of the
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oscillation. That is, the plunge-induced angle of attack 2/U
is augmented by the sectional pitch angle due to twist. Note
that this twisting oscillation is driven by the bending
oscillation and, as a consequence, is completely in phase with
the bending oscillation regardless of the (usual) large dif-
ference in natural frequencies between the bending and tor-
sional wing modes. A similar augmenting of the plunging ef-
fect is obtained through sweep back.

If the angle of attack was increased above o= 10° in Fig. 3a
at a certain critical « the shock would jump to the leading
edge to cause nose stall. Every airfoil has a critical «-M boun-
dary at high subsonic speed for which this jump occurs. 3
Near this critical boundary self-sustained oscillations could
result due to generated negative damping for wing bending
with or without associated wing twist. The oscillations ob-
served on the straight wing of a candidate space shuttle
geometry both at M=0.6, «=8°3% and at M=0.85 «=0?
(Fig. 2) could have been caused in this manner. This sudden
separation effect is very similar to that on cone-cylinder
bodies3¢ (Fig. 11). In the latter case, it has been shown? that
launch vehicle “‘buffet’” results as a consequence of negative
aerodynamic damping.'t Again, this is only realized in a very
narrow «-M range, very similar to the situation for the wing
in Fig. 2. Recently, similar results have been presented for a
tapered wing (or actually fin)3337 (see Fig. 12).

Although the shock-induced separation did not degrade the
aerodynamic damping enough at a=2° to overcome the
structural damping and cause any large amplitude bending
movement response, the data in Ref. 33 show the decrement
to be substantial, more than 60% decrease from the damping
level existing at M<0.85 and M=0.95. A possible ex-
planation for the large effect at o =0 is that the sudden nose
stall may occur (alternatingly) on both sides of the airfoil at
a=0 causing roughly twice the undamping measured at
o« =2°. These results were obtained using boundary-layer trips
near the leading edge. Without trips the transitional boundary
layer existing forward of the shock at a certain critical
Reynolds number is easier to separate, and, consequently the
separation will jump to the leading edge from a more aft
position than with trips on. The correspondingly increased
separation induced local change could well have caused the
violent structural response that destroyed the model.? One
might suspect that without trips the undamping effect of the
shock-induced separation would have been large enough to
overcome the structural damping also at ¢ =2°. The point is
that one can expect negative aerodynamic damping over a
narrow «-range as well as over a narrow M-range. That the
scaling of these transonic flow phenomena is a big problem, is
now a well-known fact. 2829 The only thing to add is that the
problem becomes much more severe when considering the
dynamic effects of shock-induced flow separation.’ Figure
18 of Ref. 33 illustrates the fact that the separation induced
forcing function and the degradation of aerodynamic dam-
ping often are equally important in determining the structural
response.

On a real aircraft wing the separated flow patterns may be
still more involved, 4 and it is of course possible that more
complicated flow mechanisms than those described here are
responsible for the buffet behavior exhibited in Fig. 1.
Moss* goes into this question in some detail. Especially in-
teresting is his suggestion that secondary effects caused by the
primary motion can be more important than the direct effects,
i.e., the single degree-of-freedom response discussed in the
present paper. He thinks, for example, that a slight profile
change near the leading edge, as a result of wing bending,
could have larger effect than the bending itself at the near stall
conditions of interest for buffet analysis. The observed large
effects of minute leading edge changes on ¢, *' strongly
support the Moss-hypothesis.

w’rerb one has suggested the term launch vehicle flutter for this form
of self-sustained oscillations.
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Conclusions

The shock induced boundary-layer separation and
associated unsteady aerodynamic characteristics causing ex-
cessive structural response have been described analytically
using static experimental data to define shock movement and
separation induced loads.

The shock-induced separation lags the instantaneous
(corresponding static) position owing to three unsteady flow
effects: 1) the regular Karman-Sears wake lag, 2) the moving
wall-moving separation point analogy, and 3) the shock
motion induced Mach number change.

The perturbation of the shock-induced boundary-layer
separation causes high frequency self-sustained oscillations
that can be described analytically, using static experimental
shock-position-data as an input. It can be shown that when
the shock is near the leading edge, the self-sustained
oscillations are of the type described by Trilling for laminar
boundary layers. When the shock is farther away from the
leading edge, the separation is no longer of the free in-
teraction type but is controlled by the trailing edge and near
wake flow conditions.
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